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AERODYNAMIC LOADING CHARACTERISTICS OF A WI3TG-W- 

COMBINATION HAVING A WING OF 45O SWEEPBACK MJWXJ€ED 

By Donald 1;. L w h g  and ClAude V. Williams 

An investigation of the  aerdynamic  loading  characteristics of  a 
wing-fuselage cambind.',Lon was conducted in the s lot ted test section of 
the Langley 8-fooe  transonic  tunnel. The model had a wing with 45O sweep- 
back of the 0.25-chord l ine,  an aspect r a t i o  of 4, a taper ratio of 0.6, 
and NACA 63006 a i r fo i l   sec t ions   para l le l  t o  the  plane of symmetry, and 
was mounted in   the  midwing position on the  general  tranaanic  fuselage. 
The t e s t  was part of a systematic  investigation of the  effects of varying 
the amount  of  sweepback on wings in  order  to determine their s u i t a b i l i t y  
f o r  transonic  f l ight.  The data obtained in   the   s lo t ted   t ransonic   t es t  
section  bridge  the gap i n  wind-tunnel data which had heretofore been 
unobtainable between Mach numbers of approximately 0.96 and 1.2 i n  the 
closed-throat  test  section of the. Langley 8-Poot high-epeed tunnel. 

c 

The largest  changes with Mach  number in the aeroayaamic character- 
istics occurred in the  transonic-  meed range between Mach numbers of  0.9 
and 1.02. The spanwise load on the WFng a t  a given  angle of attack was 
characterized by outboard s h i f t s  i n  la te ra l   cen ter  of pressure with 
increase i n  Mach  number. There was a rearward s h i f t   i n  chordwise center 
of presaure and large  increases in  the pitching-moment coefficient in a 
negative  direct.ion  through  the  transonic  speed  range. A loss i n  load 
over  the outboard. sections of the wing, which occurred  with an .increase 
i n  angle of a t tack and Uas due to  separation, -8 delayed t o  higher 
angles of attack  as  the Mach  number was increased. 

The load on the  fuselage and .inboard eections of  the wing increased 
with an increase Fn angle of a t t a c k   a t   a l l  Mach nwbere. The percentage 
of  t o t a l  load carried by the  fuselage  at  low angles (12 a t tack waa approxi= 
metely  equal to  the  percentage of t o t a l  wlng area   bhnkked by the fuse- 
lage. The percentage of total load  carried by the  fuselage at higher 
angles of &tack  exceeded.the  percentage oswing area Llanlreted by the 
fuselage by an increasing amount as  the  angle of a t tack was increased. 
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IEJTRODUCTIOM 

The installation of  +&e slot ted .transonic test section in the 
Langley 8-faot  high-speed tunnel has made it possible to conduct  aero- 
dynamic investigation6 a t  Mach numbers through the speed of sound with- 
out  the  usual effects ofchoking and blockage associated  with  closed- ~ 

throat wind tmnel.8. The problem of wave reflections from the tunnel 
walls onto thc ;nodel. &ill. exists,  but data are not p r e s a e d   h e r e i n  
for  the  conditions  at  which they  occur. Exkmive  preesure measuremen* 
on a wing-fuselage  combination  having a wing 0F-45~ sweepback wers 
obtained a t  transonic speede in the recently  installed  slotted test 
section. The basic pressure measuremezlte in  the form ofpressure  coef- 
f ic ien ts  have been reported- i n  referepce -1. The data obtaFned .in  the 
slotted  transonic test section  bridge the-gap i n  wigd-tunnel data which 
had heretofore been unobtainable between Mach numbers of  approximately 
0.96 and 1.2 in the closed-throat tes t   sec t ion  of the Langley 8-foot 
high-speed  tunnel. Measurements w-er.e M e  at angles of attack o f 4 O ,  
8 O ,  and 12' for  the same wing-fuselage combination tested in   t he  closed- 
th roa t   t e s t sec t ion  and reported in reference 2. Tests also were made 
in   the   s lo t ted  test  section a t  an angle of attack of 20° through the 
Mach  number range frm 0.60 t o  1. ll. Force- €est results Tor the same 
configurations tested i n  the-closed-throat test section have been 
reported i n  reference 3. 

A more detailed  analysis  opthe  pressure-distribution data obtained 
i n  the s lot ted test sectian  (reference 1) is presented  herein i n  terms 
oesec t ion  and over-sll wing-fuselage chapcter i s t ics .  

The Reynolds n m i r  for thi~ investigation  varied €'ram 1.73 x 10 6 

b- 2.01 x lo6 when based on the wing mean aerodynamic chord or from 
9.4k-X lo6 t o  10.95 x lo6 uhen baeed on fuselage  length. 

SYMBOLS 

b wing span - . . . . .. . . . .. 

C a i r fo i l   sec t inn  chord, parallel t o  -plane of symmetry 

C average wing chord (S/b) 
- 

C' mean aerdynamic chord 

-. 

. .. 
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. 
a fuselage  section  diameter 

%x fuselage  maximum  diameter 

M Mach  number 

P free-stream  static  pressure 

p2 local  static  pressure 

P 

9 free-stream  dynamic  pressure 

R Reynolds  number (F) 
r fuselage  section &us 

S total wing area. 

v velocity in undisturbed  stream 

X distance  measured  parallel  to the plane of symmetry from 
leading edge of section 

Y distance measured perpendicular to the plane of symmetry in 
, spanwise  direction 

a angle of attack of fuselage  center line 

et angle of  twist of wing  tip,  measured  parallel to plane of 
symmetry 

P mass density in undisturbed stream 

P coefficient of viscosity in undiaturbed  stream 

Subscripts: 

f fuselage  cross  section 

L lower surface of section 

U upper  surface of section 
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bending-moment  coefficient  of  the  wing  outside $he 
f'uselage'about  the dng-fuselage juncture 

wing-eection no-1-farce .coefficient ($LC PL - ST)  e) 

sectton normal-loading coefficient -: : 

fuselage  cross-section norrnal-force.~coefffcient . .  
" 

normal-force.  coefficient of wing-fuselage  combination 

section  -pitching-mment  caefficient  about  25-percent-chord . .  

C 
poeition" ($J (% - ,,)(x - t) ax) 

pitching-moment  coefficient  .o.f  wing-fiselage  combination 
about 25-percent-mean-aeralynamic-chord position . - .  

The  investigation =E conducted in the s l o t t e d  test--section of the 
Langley 8-foot -  tranaonic  .tunnel-. ~ h i B  faciuty is a  shgle-return wind 
tunnel  having a dddecagonal,  slotted t2Croat.b which  the Mach number is 
continuously  variable through the  subsonic speed range, at and through 
the  speed of eound, and a t  supersonic.  epeeds .up to. a Mach number of . .  . . .c - - ,- 

. . . . . . - 
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- approximately 1.14. E x p l o r a t i w  of the- f l o w  in the  slotted test sec- 

.r f a c i l i t y  have been reported in references 4 and 5. A t  free-streamMach 

t ion  Indicated-that  uniform  flow exis t s  throughout the speed  range of . 
the  tunnel. The design and calibration of  this   t ransonic   tes t ing 

nhbe r s  below 1.03, deviations in Mach  number did  not-exceed 0.003. A t  ' 

Mach numbers abwe 1.03 the maximum deviations from the average stream 
Ma& numbers increased  grad.ually t o  a value not  exceeding 0.010. Further 
investigation of the flow in  the  tunnel  revealed  that   the  angularity of 
the   f lou ' in   the  test section was approximately 0.1'. A l l  data were 
obtained at  corrected  angles of a t tack t o  compensate f o r  W e  angularity. 

Model 
. .  

The model investigated was the same as that   teated  in  the closed- 
throat test section of  the Langley &foot high-speed  tunnel. A complete ~ 

description of the m a l e 1  may be found in  reference 2. The nlng had the 
quarter-chord line-swept back 45O, an aspect r a t i o  of 4, a ta-per r a t i o  
of 0.6, and NACA 63006 a i r fo i l   sec t ions   para l le l  t o  the  plane of sym- 
metry, and was mounted on the  fuselage in the midwing position. Dimen- 
s iona l   de ta i l s  of the wing-fuselage  combinatim are  presented  in  f ig- 
u r e  I. The  wing vas  c.onstructed of a   s t ee l  core  (see  table I) dth the 
external  contour of the  sections formed by a tin-bismuth  alloy  covering. 
One hundred and f i f teen  s ta t ic-pressure  or i f ices  were located  in  the 
upper and lower surfaces of the wing, distributed among f ive spanwise 
s ta t ions  paral le l   to   the  plane of  aymmetry (20-, 60-, and 95-percent 
semispan on t h e   l e f t  wing; and 40- and 80-percent  semispan on the  r ight 
wing). The-steel   f iselage had a circulflr  cross  eection.and a basic 
f ineness   ra t ia .of  12, which was modi'fied t o  an actual  finenesa r a t i o  
of 10 by cutting  off one-sixth of the  fuselage  to  at tach  the  st ing.  One 

meridians on the  fuselage,  designated by A, B, C, D, E, and F, from the 
upper t o  the -lower surface  (fig. 1). A photograph of the model  mounted 
i n  the  s lot ted  tes t   sect ion of the  tunnel is  presented as figure 2. 

* 

* hundred and eight  static-pressure  orifices were dist r ibuted among s i x  

L 

i 

An attempt was made t o  maintain  the model aerodynamfcally smooth 
throughout  the  investigation; however, the lower surface of the wings 
became badly p i t ted  and rough a t  the high angles of attack because of 

5 di r t   par t ic les   in   the  air stream. 

Model Support System 

The m o d e l  was supported by a tapered  sting attached t o  the  rear of 
the  fuselage. The tapered  sting was mounted 0n.a  support  tube W c h  was 
fixed  axially  in  the  center of the  tunnel by two  seta of support8 pro- I 

jecting from the  tunnel walls. The forward  tapered  portion of the - support  tube was hinged t o   t he  rear porticm i n  such a manner that the 



angle of .attack could be changed while the tunnel was operating. Details LI 

of the-m&l support wtem and the model location in the  s lot ted tran- 
sonic test- section are shown in  f igures 3 and 4. 

I . - 

. . 
f 

Measurements 

The angle of attack of. the model m a  measured by sighting  the  cross- 
h a i r   o F a  cathetometer on a reference line marked on the  fuselage. The 
use of  this device in conjunction with the- remotely controlled  angle-of- 
a t tack changing mechanism enabled  model.anglee of a t tack   to  be s e t ' t c -  
within 50.1' with  the  tunnel  operating a t  any Mach  number. 

- 

The.. same cathetometer m e  used t o  sight on a reference  line marked 
on t h e   t i p  of the wing. This measurement provided  information on the 
angle of "ist-of the wing t i p .  . Becawe of .-e yibgations of $he WFng 
t i p  during the investigat$on,  the measurements of wing-tip twist are 
judged t o  be accurate only .to  within ,+0.25O. 

Testa 

The investigation was planned -to accomplish two purpoees. The 
First purpose wa8 t o  obtain aerodynamic information in the Mach number. 
rmge between 0.96 and 1.2 which heretofore could not be obtained i n  
the  closed-throat test  section of the Langley 8-foot high-epeed tunnel. 
The angles of  a t tack   to  be tes ted were selecged in order ' to  cwer the 
more representative  angles of  attack of those  tested in the -earlier 
investigation  reported i n  reference 2. The second  purpose m e  to--caver 
the speed range f rsm a Mech number of 0.60 t o  the  highest  obtainable 
Mach  number a t  em angle of attack  coneidered t o -  be in the  region near 
maximum lift. Teste were made for angles  ofLattack up t o  20° a t  Mach 
numbers from 0.60 t o  1.13. The basic preseure  distributlons  for a l l  
angles of attack tested  are,preaented.in  reference'l.  The analysls of 
the data for  the  following  angles of at tack and Mach numbers are pre- 
sented  herein: 

" 

.- 

- "" 

Angle of attack 
(-3) 

Mach number 

4 '  
8 
12 
20 

0.94, 0.97, 0.99, 1.02, 1.11, 1.13 
0.94, 0.97, 0.99, 1.02, 1.11, 1.13 
0.89, 0.94, 0.97, 0.99, 1..02, 1.11, 1.13 
0.60, 0.79, 0.89, 0.94, 0.97,' 0.99, 1.02, 1.1L 

\ 

. 
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- The variation with Mach  number of the approximate test Reynolds 
number based on the wing mean aerodynadc chord of 6.125 inches i s  
presented in .figure 5. 

- .  

The section and. mer-al l  wing-fuselage characterist ics were obtained 
from graphical  integrations of  the  basic  pressure measurements described 
in  reference 1. The .results are preeented f o r  angles of a t tack of  40, 
8O, 12O, and 20°. These angles of at tack were selected.as  .representative 
of the angles of a t t a c k   a t  which the more important aerodynamic phenomena 
occur. Data for  angles of attack of kO, 8O, and 12O obtained i n  the 
closed-throat test aectian of the Langley %foot high-speed tunnel a t  
subsonic speeds up t o  a Mach number of 0.96 and at 8 supersonic Mach nm- 
ber of 1.2 (reference 2) are included.- These data are   u t i l i zed  t o  pre- 
sent  the complete variation with Mach  number of the  various  parameters 
presented.  herein. 

The spanwise dis t r ibut ion of the  section normal-loading coefficients 
and the section pitching-moment coefficients  presented f o r  the fuselage 
in the  presence of  the wing were obtained from several   vertical   planes 
w h i c h  pass  through  the  fuselage. These section normal-loading  coef- 
f ic ien ts  were based on the chords of the  sections of the wing extended 
into  the  fuselage. The section pitching-moment coefficients were based 
on the  quarter chords of these same sections. 

c Mutual interference  effects of  the wing on the  fuselage and the 
fuselage on the wing are  present in the  results  since  they were obtained 

c from the  investigation of the wing-fuselage  combination. 

Symbols a re  used on the figures to   indicate   the data obtained during 
the  present  investigation in  the  slotted  test   section. The solid. l ines  . 
without symbols indicate the  resul ts  of the  previous  investigation made 
in the closed-throat test section  (reference 2). The tunnel wall inter-  
ference due t o  wave reflections m o d i f i e d  the flaw Over the model, there- 
fore, data are not given f o r  the range of Mach-numbers from 1.02 t o  1.11 
in order t o  ensure  that the data  presented are free of these  effects. 
The data shown f o r  a Mach number of 1.2 were obtained from the inveati- 

only. 
. gation in the  closed-throat test section f o r  az1 angle of attack of 4' 

I 
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DISCUSSION 'L. 

.. 
Frequent reference to .  the basic  pressure measurements presented dn . . " 

reference 1 may be deeirable in conjunction  with  the  diacuseion 0- 
aerdyaamic  charac%eristicfI  -preeented  herein. 

. . . . - -. 

Span'Load Characteristics . . . 
. .  . -  . .  . 

The spanwise dis t r ibut ion of:. load. an the model is .presented i n  .terms 
f 

of section normai-loading coefficient . 1 1  in. figu- 6(a) t o  6 ( i ) .  In 

figures  b(a) to 6(c) the.lo&.ing .on the  fuselage is  the average. of % e .  . 

sectfon normal-loading coefficients on the  .fuselage  for Mach numbers 
from 0.60 t o  0.90. The load distributions in figureB 6(d) t o  6 ( i )  are 
sham for  --. complete semispan .of- the model beginpilrg a t .  . the.   vertical  
center line of the  fuselage and extending out t o   t h e   t i p  of. the- ning. 
In  t h i s  manner the.  actual load carry-Over from the wjng to  the  fuselage 
i s  portrayed  for the various  angles of attack  tested a t  Mach numbers 
from 0.94-to l.L3. The averpge.of the section  loadings on the fuselage 
i s  preeented  in-figures  6(a)  to 6(c) rather  than  the  individual  section 
loabtnga-becauee of the time involved.in computing the  individual  sec- 
tion  loadings. The shEtpe of the spanwiee dis t r ibut ion of loading  over 
the  fuselage  ie  well  established  for  the mbre.important-Mach number 
range between 0.94 . . a n d  1 J 3  in figures  6(d)  to 6 ( i ) .  

c c  ' 

C 

Several-general  characteristics i n  the s p a n V I ~  l o a d  dis t r ibut ion 
are  immediately'apparent. The section  . loadbg  coefficiart  Over the 
fuselage and. inboard  section6 of the wing increased w i t h  an increaee  in 
angle  of  attack up t a  200. The. loading on the  outboard  sections ' 

increased with change i n  attitude up to   the  angle  of a t h c k  at which 
severe  separation waa experi.eru=ed Over this-region of the wing.  The 
point at. .which sewe-.:aeparation  occurred mer the. wing t i p  uas indi- 
cated t o  be delayed ta higher angles of attack as the Mach number was 
Fncreised. The spanw€se.distributian of lnnrling did not change appreci- 
ably  with  increase in- M s c b .  number 'from .0.60 t o  0.80. Thereafter the 
loadlng s h i F t e d  outboard  with  increase  inMach number, except for an .. 

' angle of attack of 120 a t  &Mach  number Qf 0.90; a t   th i s   condi t ion  g 
alight  inboard ahift was-noted due tr, the severe  separation Over the 
outboard sect-. 

" ,  

The re.eults of reference 2 and of the present  Fnvestigation indi- 
cate  that  B dip in the spanwise load distribution,  corresponding 
reduction in load  occurred between the  fuselage  center Une-and the wing- 
fuselage  juncture  (fuselage maximum diameter).  This  diacontinuity i n  
loading became larger-with  increaee i n  angle. of.  attack from h0 W 2 O 0 .  

.. 

-.i - 

. .  L 

: I 
. . .  . 
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Angle of attack of bo.- A t  an  angle of  at tack of 4' and Mach numbers 
up t o  0.94 (f igs .   6(a)   to  6(d)) the spanwise dis t r ibut ion of section 

a s  might be expected from theory.  Increasing  the Mach number t o  0.99 
caused that part  of the load carried by the outboard  regions of the wing 
t o  increase,  while that carried by the FnBoard sections  decreased 
(figs.  6(e) and 6(f)) .  This trend  with  increaae in Mach  number resulted. 
i n  a  roughly rectangular  loadhg Over the wing a t  M ~ c h  nmbers of 0 . B  
and 1.02, where the  level Fn l d h g   a t  the  &-percent s t a t ion  was 
approximately the same as  the  level in  loading a t  the 20-percent s t a t i m .  
When the Mach number W&S increased from 1.02 t o  1.13 (fige.  6(g) t o  
6( i ) )   the   dis t r ibut ion of load returned t o  approximately that  indicated 
a t  the  subsonic Mach number of 0.97. Throughout the Mach number range 
from 0.94 t o  1.13 the  value of normal l ad ing   coe f f i c i en t   a t   t he   t i p  
region  (95percent. semispan atation) remained almost  constant a t  a value 
on the order of 0.21. 

- normal-loading coefficient W&S characterized by a near ly   e l l ip t ica l  shape, 

Angle of attack of 8O.- At, an angle of a t tack of 8O the  variation 
of spanwise loading  with  inczeasing Mach number W&B essentially  the same 
as that indicated a t  an angle of attack of  bo, although more  pronounced.. 
For example, increasing the Mach number from 0.94 t o  0.9 resulted in a 
decrease in the load carried by the  fnboard  sections and an appreciable 
increase  in  the load over the outboard  regions. This created a p e e   i n  
the  distribution  located in  the region of the 80-percent sedapan 
station. The shape of the spanwise load distr ibut ion remained about 
the aame at  the  higher Mach numbers but the.values of section normal- 
loading  coefficient  decreased  slightly with increase i n  Mach number - indicating a slight reduction in  over-all load on the wing. 

Angle of attack of 12O.- Between angles of a t tack of 8' and 12O at  - Mach numbers .up t o  0.94 a marked  change in the nature of the a i r  flow 
over  the wing produced a pronounced change in the  distribution of  load 
Over the wing s p a .  A t  12' angle of a t tack it X&S evident that severe 
separation of the flaw Over the  outer  sections of the wTng resul ted  in  
a considerably  smaller amount of t he   t o t a l  load &lng  carried l5y t h i s  
region  than a t  the lower angles of attack. The most evident l o s s  of 
loading,  as  the  angle of at tack vas increased t o  12O, occurred a t  Mach 
numbers  between 0.89 and 0.94. A t  the same time the load Over 'the fbse- 
lage and the inboard s ta t ions of the wing continued to  increase  with 
increase . in  angle of attack.  Increasing  the Mach number. above .0.94 
caused the  level of loadfng on the  outboard  regions of the wing t o  
gradually  increase  until a t  Mach numbers of 1.n and 1.13 the   d i s t r l -  
butions were much the 6&me as those of the lmr angles of a t tack of k0 
&nd 8'. This increase of  loading on the outboard s ta t ions U&S associ- 
ated with the  delay-in the separation mer the outboard s t a t ions   t o  
higher angles of attack a8 .the Mach number was increased. 

.. 



Anp;le of attack of2O0.- A t  20' angle of a t tack Mach numbers up . -  - 

to o. 99 the aistr.B.ut.lan- Of - wer .... *=e -.&-g- - ~ . e -  roughly trungular in Y .  . "- 
.I 

shape and was indicative of the  inboard spread of  eeparated f low m e r  
the wing as angle of .attack was increased beyond 8O. The distribution- 
was much the B a m e  ~ E I  for .  12O except that the makimum value of wing sec- 
tion nonasl-force cnefficlent occurred a t t h e  20-percent semispan st.&tion 
rather than  the-  40-percat semispan station. With increase i n  Mach num- 
ber, changes Fn the lad dlst-ribution were noted f o r  the inboard stations 
only. Here t& loadArig tias .seeit t o  s h i f i  outboard i n  the same manner as 
far the sections  neazer  the wlng t i p  a-t l m r  angles of attack. 

- a .  

4 
I 

Normal-Force Characteristics - 

Total.  normal-force coefficient.- The var ia t ian  ni th  Mach  number of 
t he   t o t a l  normal-for& c6-fficient, %, presented in figure 7, i s  the 
summation of alL the  section normal-loEtding coefficients  acting on the 
wing-fuselage combfnat-lon.  -The value,s of  the   to ta l  normal-force coef- 
ficients  obtained from the  slotted-throat  investigation  continued with- 
out  discontinuity the trends with Mach  number indicated by the values 
obtained from the closed-throat  investigation,  except for an angle of 
attack of bo. A t  .angle -of attack  of bo the  discontinuity  ia belLeved 
t o  be due. In par t   t o  an inaccuracy in   the  Go angle o f .  a t t a c k  of the model. 
when investigated Fn the closed-throat  test  section. 

For an angle ' of attack o f  4' the normal-force coefficient appeared 
t o  reach a maximum value of 0.35 a t  a Mach  nsimber of  approximately 0.95. 
A t  angles of attack above 4' the normal-Force coefficient increased i n  
the Mach  number range between 0.90 and 1.00.. The rgte of increase 
became greater as the angle of  attack was Fncreased from 8' t o  20°. The 
force  break Mach  number also was delayed t o  higher values as the angle- 
of  at tack was increased. The maximum normal-force coeff ic ientvalue 
of 1.14 occurred for an angle of attack of  20' a t  the  force  break Mach 
number of 1.025. The . n o m l - f o r c e   c o e f f i c i k t i  Bar- Mach numbers of 1.11 
and 1.13, a t  all angles  of-  attack, were s l ight ly   iess '  than the values 
obtahed   a t   the  farce break. 

Percent 0-f t o t a l  load carried by fuselage.- At-an angle of a t tack 
of bo the  percent of the tota1.ha.d  carried by the fuselage,  ae shown . 
in   f igure  8, remained. re la t ively constant throughout  the Mach number 
range inveetigated and. i e  on the order. of-16 percent. These data indi- 
cate that, a t  Least for  the  law-angles of attack,  the  fuselage  carried 
about  the same proportion of the total l o d  as-wduldl be carried by the 
portion of the w i n g  blanketed by the  fuselage, i f  the fuselage *re not 
present. For t h i s  wing-fuselage  combination 16.5 percent of t he   t o t a l  
wing area W&B covered  .by the  fuselage. 

.. . . 
. -. 
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A t  a l l  Mach numbers the  percentage of t o t a l  load  carried by the 
fuselage  Increased  with  increasing  angle of a t tack above Bo. For 
example, a t  an angle of attack of 8 O  and a Mach  number of 1.11 the  mse- 
lage  carried 13.6 percent of the t o t a l  load, whereas at an angle of 
attack of 20° for   the sane Mach  number the load carried by the  fuselage 
relat ive t o  the   to ta l  load Increased t o  19.1 percent.  This  increase was 
associated  with  the  inboard s h i f t  of the spanwiee load  distribution on 
the wing with  increase i n  angle of attack. The l h i t G g  values of the 
percent of t o t a l  load  c a r i e d  by the  fuselage  varied from a minimum of 
13.7 percent  occurring at an angle of at tack of 8' and a Mach number 
of 1. ll, t o  a maximum Value of 23.5 percent a t  an angle of attack of 20° 
and a Mach  number of 0.60. 

Lateral  center of pressure.- The variation of Lateml.posit ion of 
the  center of pressure  with Mach number as shown in figure 9 re f lec ts  
the changes i n   t h e  spanwise load distribution  discussed i n  connection 
with  figure 6 .  A s  might be expected from an examination of the spanwise 
distrfbution of loading (fig.  6 ) ,  the  location of the   l a te ra l   cen ter  
of pressure a t  any particular  angle  of  attack was approximtely  constant 
from a Mach  number of 0.60 t o  0.9, maved outboard f rcan  a Mach nwiber 
of 0.9 t o  1.00, and was fairly  constant at the  supersonic Mach numbers. 
The changes i n  l o k t i o n  of the. l a t e r a l  Center of  pressure were small 
with  the maximu change b e h g  of the  order of LO percent of the semispan 
outside  the  fuselage. 

The most outboard  position of the lateral center of pressure was 
noted f o r  the Mach numbers i n  the  range' from 0.99 to 1.13 f o r  an angle 
of attack of 8'. For  these  conditione the center of pressure W E ~ B  

located a t  approximately 48 percent.of  the semispan outside of the  fuse- 
lage. This was primari ly  the result of  relatively  higher loads Over the 
wing-tip  region  than  those  farther inboard. 

A t  an angle of attack of ZOO, since  the shape of the spanwise load 
distr ibut ion remained approximately  the same with increase in Mach num- 
ber, the  la teral   posi t ion of the  center of pressure did not vary appreci- 
ably  with Mach  number. It may be noted also t h a t   a t  an angle' of a t tack 
of 20° the  inboard  sections of the wlng carried a greater load rela t ive  
t o  the outboard sections  than a t  any other  angle of attack tested; 
therefore, as expected,  the lateral center of  pressure was located st 
the most inboard position  noted  during  the  investigation wbich was 
approximately 37 percent of the semispan outside  the  fuselage a t  sub- 
sonic Mach numbers and 40 percent a t  the  supersonic  meeds. 

Bending-moment coefficient.- The  bending-moment coefficient of the 
wlng about  the wFng-fuselage JLincture i s  8 direct  function of the  loca- 
t i on  of the  la teral   center  of pressure and normal force  acting on the 
wing. In figure 10 the  values of the bending-moment coefffcient 
increased from 0.08 t o  0.10 with an increase +I Mach  number from 0.60 



t o  0.85 f o r  an angle. of attack of bo. A t  12' angle  of at-&, fo r  the 
same  Mach numbers, the  values of the bending-moment-coefficient decreased 
from 0.23 t o  0.22. The bending-moment coefficient  increased  rapidly with 
increase in Mach  number between 0.90 and 1.00 fo r  all angles of attack 
above bo. The values were generally  less at a Mach  number' o f  1.11 than 
1.00 for  angles of attack  of 4O, 8O, and ao. me -maximum value of 
bending-moment coefficient was 0.37, and this occurred a t  an angle of 
attack of 20' at, a Mach  Ilumber of 1.02. 

Wing-Tip  Angle of' M s t  

Positlve aerodynamic l i f t i n g  loads on  sweptbttck wings produce 
bending along  the span wfth  progressiyely.l.ess  positive  angle of attack 
of the  sections frm the wing-fuselage  juncture  out toward the wing 
t ip .  As a result ,   si@ificantIy  different .spanwise and.chordwise loading 
distributione occur on swept wings 0f.va-g r ig id i ty  even though they 
may have the same a i r fo i l   sec t ions  and gecanetric dbensions. 

An indication of the e l a e t i c i t y   o p t h e  wing used i n  the present 
investigation is  given in.figure.ll by the measurements of the wing-tip 
angles of twist for  angles of attack of 40, go, 12O, and 20°. The minus 
signs precedlipg the .ql .dwte.  pafuer! lsdicate-.a..decreaa_e i n  .angle of 
at tack of - . w i n g  t i p  cornpared w i t h  the fuselage  center  line. The 
measurements ref lectr the  var ia t ion with Mach  number of  the l d i n g  an 
the wfng for  this particular  investigation only as W t e d  i n  the Langley 
8-foot transonic  tunnel. Measurements on this wing in free  f l ight-or 
other   tes t ing  faci l i ty  would be expected t o  be different  from the data 
presented  herein because of.differences i n  the value8 of the free-stream 
dynamic pressure q f o r  the various  testing .techniques. 

The magnitude of the angle of twist  of the wing t i p  increased with 
increase i n  both angle of  attack and Mach number, reaching a maxlmum 
value of 2.60 at an angle  of  attack of 20° and a Mach  number oF1.J-1. 
The  most rapid change f0r.a given  angle  of-attack  occurred for an angle 
of attack of 12O between Mach numbers of 0.94 and 1.05. The value a t  a 
Mach  number of 1.05 was 130 percent higher than at a Mach number of 0.94. 
This was because of the  rapid  outboard s h i f t i n  lateral center of pres- 
sure as a result of  the delay in inboard spread of separa tbn  a t  an angle 
of attack of 12' when the Mach number was increased f r o m  0.94 t o  1.05. . 
A t  the higher M a c h  .numbers the.  increase  irrwing-tip  angle of twist was 
small with.  increase in  angle of a t t ack   be t een  12' and 20° because of ' 

the inboard e h i f t  i n  -center. of pressure  (Pig. 9 )  caused by the inboard 
spread of the region of sepamtd flow at  the wing t ip.  

An attempt was made to  calculate the &st of the t i p  of the w-lng 
and t o  compare the values with the actwl experimental meaeurements 
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obtained  during  the  investigation. It was assumed  tkiat  the  entire  load 
was cbrried by the  steel  core  of  the wing, that  zero  bending  occurred 
about  the  =-percent  semispan  station,  and  that  the  axis of zero  twist 
was'along  the  47.5-percent-chord U e  of  the  steel  core  (center  of mass 
of  steel-core  cross  section).  (See  table I. ) The  47.5-percent-chord 
line  of  the  steel  core  corresponds to the  48.8-percent-chord  line  of  the 
airfoil sections. The moment of inertia  of a steel-core  section  perpen- 
dicular  to  the  47.3-percent-chord  line  about  the  chord  line  of  that  sec- 
tion w-as calculated  to  be  the  product of the  chord of the  steel  core ' S n d  

the  cube of the  maximum  thickness of the  steel  core  divided  by 2l.66, 
with  a.  modulus of elasticity of 30 x 10 6 pounds  per square inch.  These 
assumptions,  in  conjunction  with  the  s-@anwise  loading distributiou 
sham in figure 6(a) to 6( i), were used in  the  application  of  the  moment- 
area  method  for  determining  the angle of  twist of the  w3ng  tip. 

Calculated  angles of twist  of  the  wing  tip  for  angles  of  attack of 
l2O and 20° are compared  with  the  measured  value6  in  figure 11. The 
calculated  angles  agree  satisfactorily  with  experiment in the  manner  of 
variation  with  Mach  number,  but  exceed  the  magnitude  of  the  measured 
values.  Overestimation  is  to be expected.  since  the  tin-bismuth  alloy 
covering,  pressure  tubes,  and  other  machined  characteristics  of  the wing 
were  not  considered in the  estimation  of  the  mcanent  of  inertia  of  the I 

steel-core  cross  sections.  Nevertheless,  the  calculated  values do show 
that  the  trend  with  angle  of  attack and Mach  number  of  the  wing-tip  twist 
angle  due  to  bending may be predicted w i t h  reasonable  accuracy if the 
spanwise load distribution  is ham. 

Spanwise  Distribution  of  Section  Pitching-Moment  Coefficient 

The  section  pitching-moment  coefficients  about  the  quarter  chord  of I 

the  wing  sections  are  presented in figures 12(a) to 12(c) f o r  the  aemi- 
span of  the  wing  outside  the  fuselage at Mach numbers from 0.60 to 0.9. 
for  various  angles of attack.  The  spanwise  distribution  of  section . 

pitching-moment  coefficient  for  Mach  numbers  from 0.94 to 1.13 
(figs.  12(d) to 12(i)) is shown f o r  the  complete  semispan  of  the  model , 
extending fram the  vertical  center  line of the  fuselage to the  wing  tip. 

The  fuselage  section  pitching-moment  coefficients  were  characterized 
by  large  changes from posftive  to  negative  values  in  the  spannfse  direc- 
tion  from  the  vertical  center  line  of  the  fuselage.  These extreme con- 
ditions  were  magnified by increases in angle of attack. 

Large  changes  in  the sMpe of  the  distribution of section  pitching- 
moment  coefficient  aver  the  wing  semispan  occurred  when  the  angle of 
attack was increaged  at  any  particular  Mach  number.  For  example, as 
the  angle  of  attack was increased from to 80, a region of negative 

L 



pitching-moment coefficient  occurred at tbe outboard  section of the wing  
due t o  an increase in  the chodwise  extent  ofrelatively high negative- 
pressure  coefficients  over this outer  section. With continued  increase 
i n  angle of attack,  the  region of most negative  section pitching-moment- 
coefficient W E  seen t o  shif t  inbard .  This shift resulted from 
increas-es i n  the leve l  of negative  pressure  coefficient Over the trailing 
edge of inboard  sections  of the wing and the onset of-eeparation.wer 
the outboard sections. Once separation was established i n   t h e  flow over 
the wing sections, change in  angle of a thmk  had l i t t l e  -effect on change 
i n  pitching-moment coefficient of these stalled sections. 

t 

- - 
-. 

The delay in inboard  spread of negative  section.pitching-moment 
coefficient a t  the.higher Mach numbers -8 due to the delay i n  inboard 
epread of separation  with  increase in  Mach  number. A similar delay has 
been discussed  nlth  regard  to  the epanwige distribution of. section 
normal-loading coefficient; . .  

Pitching-Moment Characteristics 

Total pitching-mament coefficient.- The values of pitching-moment 
coefficient  (fig. 13) obtained i n  the slotted test  section a t  transonic 
speeds f o r  the wing-fuselage  combination  continue withoutdiscontinuity 
the trends with Mach number.obtained in the closed-throat  investigation 
of--the 6- combination. 

In general, the variations with.Mach number o f t h e  pitching-moment 
coefmcient  for the wing-fuselage  combination, a s  shown in figure 13, 
were influenced  mostly by the pitching-moment. chamcteriatics of  the 
wing, s ince   a t  any part icular  angle of attack Wlth5.n tbe speed range.of 
this FnvestigatzLon the pitching moment fo r  the fuselage i s  ind ic skd  by 
the  pressure  distributions i n  reference 1 *-be relatively  constant. 
The pitching-moment coefficients  for the wing-fuselage  combination were 
characterized by large  increaeee in pitching-mament coefficients  in a 
negative  direction at t r a m d c  speeds up t o  a Mach number of 1.02. 
These negative  pitching-moment-coefficient gradients were the result 
principally of  rearward shifts in the chord.wise center of pressure on 
the wing-fuselage  configuration (fig.  14) .  These rearward sh i f t s  &re 
caused by the shift  of load along  the wing t m r d - t h e  tip sections 
(fig.  9 )  as  well as by. rearward shifts. i n  section  loading. Most of 
the shif t  occurred in the speed range between Mach numbers 0.89 and 1.02. 
A t  Mach numbers of 1.11 and 1.13 the pitching m o m e n t v r e d  t o  differ 
l i t t l e  from the values a t  a Mach numbnrof  1.02, except at an angle of 
attack of 120; a t  t h i s  angle of attack the pi-t;ching-mament coefficients 
became more-negative, as might be expected from the cantinued  rearward 
a h i f t i n   c e n t e r  of pressure and from maintenance of normal force on 
the wlng a t  Mach  nhmbers  up to 1.13. 



Generally,  increasing  the  angle  of  attack  from 4' to 20O delayed 
the  break in the  pitching-moment-coefficient  curves  toward  more  negative 
values  to a higher  Mach  number.  For  example,  at an angle of attack of 80 
the  pitching-moment-coefficient  curve  broke in a negative  direction  at a 
Mach number of_ approximately 0.85, mile at an angle of attack  of 20° 
the  break was delayed  until a Mach  number 011 the  order of 0.923 w&s 
reached. 

Chordwise  center  of  pressure  of  wing  outside  of  -elage.-  The 
location  of  the  chordwlse  center  of  pressure is a function of not anly 
the chorddse distribution  of  secti&  loading,  but  the spanwise distri- 
bution of section loading as well. The  variation of chordwlie  center 
of pressure  with  Mach number (fig. 14) was sham t o  be fairly  constant 
from Mach number of 0.60 to 0.9, m o v e d  gradually  rearward  between 
Mach  numbers  of 0.90 and 1.00, and was approximately  constant in the 
supersonic  speed  range.  As a typical -le, the chorddse center of 
pressure  for an angle of attack  of was located  at  about 37 percent of 
the  mean  aerodynamic  chord  between  Mach  numbers of 0.60 and 0.89. When 
the  Mach  number was increased to 1.02 the  center of pressure  shifted 
rearward  to 51 percent 'of the mean aerodynamic  chord and remained  at 
this  approximate  location  up  to a Mach number of 1.2. 

Longitudinal  center-of-pressure  location of the wing-fuelage 
combination.-  The  longitudinal  center-of-pressure  location of the  wing- 
fuselage cmbinatian, relative  to  the  leading edge of the mean aero- 
dynamic  chord  (fig. 15), s h m  the sane trends  with  increase  in  Mach 
number  and  angle of attack  a,s was sham by figure 14 for  the w i n g  char- 
acteristics  outboard of the  fuselage.  The  'most  pronounced  changes in 
the  location  of the center  of  pressure  occurred  in  the  Mach  number  range 
between 0.85 and 1.02. The  changes  were in the form of  rapid  rearward 
movements of the  center  of  pressure,  averaging on the  order of 15 percent 
of  the mean aerodynamic  chord  wlth  increase in Mach  number.  At a Mach 
number of 0.60 the  center  of  pressure was located  at  approximately 20 per- 
cent  of  the mean aercdynamic  chord for angles of attack  of 4' and 20°. At 
a Mach  number  of 1.02 for  these same angles of attack  the  center of pres- 
Sure  shifted  to  approximately 36 and 30 percent  of  the mean aerodynamic 
chord, respectively. 

/ 

Aerodynamic  center.- The location  of  the  aerodynamic  center 
(fig. 16) is presented for the.range  of  normal-force  coefficiente  usually 
associated  with  the  normal  maneuvering  fli t of an  aircraft of this  con- 
figuration  (values  of % frcm 0.2 to 0.6r At  Mach  numbers  up  to 0.80 
the  location of the  aerodynamic  center was relatively  constant  at  approx- 
imately  the  +percent  station  of  the mean aerodynamic  chord for normal- 
force  coefficients of 0.2 and 0.4, and at the  20-percent statim for a 
noml-force coefficient of 0.6. Increasing  the  Mach  number  from 0.80 
to 1.02 caused a rapid  rearward shift Fn the  location of the  aerodynamic 

I 
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center with the maaum change in location  occurring  for  a normal-force 
coeffFcient 0 ~ 0 . 6 .  For t h i s  normal-force coefficient the aerdynamic 
center moved frbm the 20.5- to   the  50-percent s ta t ion of the mean aero- 
dynamic chord. A t  a Mach number of 1.02 for normal-force coefficients 
from 0.2 t o  0.6 the  aercdynmic  center was a n t s  most rearward loca- 
tion, 50 percent o f t h e  mean aeroayaamic  chord, and remained a t  approxi- 
mately the same s ta t im  wi th . increase   in  Mach number f r o m  1.02 t o  the 
maximum Mach  number of  1.2. of this  investigation. 

*. . : 

. .  
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Fuselage  Chai-acteristics  inpresence of W i n g  

FuselaRe-longitudinal-load coefficient.- The distributlons of longi- 
tudinal 1- on the  fuselage,  greeented  in  figure 17, are  expressed. 

i n  terms of fuselage  crose-section normal-loading c o e f a i e n t  f. Cn d 
&X 

From these  distrfbutions it is evident  that th*presence of the uing 
greatly  influencedthe load dist r ibut ian over the  fuselage,  especially 
at..  the  region of the  wing-fuselage-juncture. At the  subsonic Mach ~ L U U -  
bera th i s   e f f ec t  of the w i n g  was evident in front. o f a n d  behind the wing- 
fuselage  .juncture.  Increasing  the Mach number -ani 0.94 to 1.13 for t h i s  
investigation  resulted i n  a  decrease in  the  influence of the wing ahead 
of the wing-fuselage  juncture,  a  broadening of.the influence of the wing 
behind thsjuncture ,  a rise i n  the lcd i r tg  level  over  the  rear  part of 
the wing-fuselage  juncture a t  an angle o fa t tmk  of  20°, and a  gradual 
reduction in the. maximum values of loading  over  the  fuselage  in  the 
region of the wing location. . .  - 

. "" 

" 

The most pronounced changes in the  dis t r ibut ion were those  praluced 
by varying the angle of attack. ,As the  angle of attack was increased .. 
from 40 t o  20° at a Mach nuiber oP0.94, the  value8 of the  fuselage 
cross-section nomal-loading coefficient  increased from 0.275 t o  0.965 
in the  region of the wLng-fuselage"juncture. A t  a Mach  number of 1.l.l 
s l igh t ly  loirer levels of maximum fuselage  cross-section normal-loading 
coefficient were obtained f a r  the  angles of attack  investigated. 

. .  

Longitudinal  center-of-pressure  .location of the  fuselage fn the 
presence of the win&- The location of the lmgitudinal center of pres- 
sure of the 1oad.e on the f'uaelage fn the preeence of the wing is  
expressed i n  terms of percent of the  fuaelage  length in figure 18. The 
center-of-pressure sh i f t s  on the  fuselage were due:primarily t o  the 
chordwise sh i f t s  in loading on the  sections of the wing ad jacent to   the  
fuselage. A t  Mach numbers up t o  0.80 the  center  .of  pressure vas located 
approximately a t  the 45 percent  point of the  fuselage length. Increasing 
the Mach number up t o  1.00 resulted in a relatively  rapid rearward shift 
t o  approximately 48 percent af the fuselage  length.  Alraupersonic  speeds 
the center of pressure moved s l igh t ly  forward then rearward again. It 

b I 
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I .  

may be noted that   the  Mach  number corresponding t o  the most rearward 
location of the  center of pressure  for  a  given  angle of attack  increased 
% i t h  increase in angle of attack. For example, at 8s angle of a t tack 
of bo the most rearward location of the  center of pressure was at  a Mach 
number of 0.94; whereas a t  an angle of attack of 20° the location 
occurred a t  a Mach number of 1.02. Figure 18 also shm- that, f o r  the 
Mach  number a d  angle-of-attack  ranges  Fwestigated, the center of pres- 
sure was always located &ead of the  position of the quarter chord of 
the mean aerodynamic  chord. The quarter chord of the mean aerodynamic 
chord was located st the &-percent point of  the fuselage  length. The 
~llsximwrr rearward s h i f t  in the  location of the fueelage  center of pres- 
sure with  increase i n  M a c h  number occurred a t  an angle of at tack of bo 
and W ~ B  approximately 4 percent of the fuselage length, which is  about 
22 percent of the mean akrodynamic chord. 

CONCLUSIONS 

From the aerodynamic loading  investigation of a wing-fuselage cm= 
bination  having a wing of 4 5 O  sweepback a t  transonic  speeds in the 
s lo t ted   t es t   sec t ion  of the Langley %foot transonic tunnel, the fol- 
lowing conclusions are drawn: 

1. In general,  the aerodynamic characterist ics of the wlng-fuselage 
combination investigated in the  slotted-throat test section a t  Mach nun- 
bers from 0.94 t o  1.13 continue  wtthout  discontinuity the trends with 
Mach numbers from 0.60 t o  0.96 anti at  1.2 indicated by the values 
obtained from the investigation of the same wing-fbehge combination In 
the closed-throat  test  section. 

2. The spanwise l&ng 011 the ving at  a  constant angle of a t tack 
was characterized by outboard s h i f t s  in normal loading with  increase 
in  Mach number through the  transonic speed range. 

3. The loss ln loading mer   t he  outboard  sections of the wing aich 
occurred  with an increase in angle of a t tack and was due t o  separation 
was delayed t o  higher angles of attack  with  increase in  M a c h  m b e r  
through  the  transonic range. As a resul t ,  large  increasee  in t o t a l '  
l oad  on the wing-fuselage c&binEation were experienced. with increase 
i n  Mach  number through the transonic speed range, especially a t  the high 
angles of  attack. 

4. The chordwise center of pressure &a well as the aerodynamic 
center of the wing shifted reamrd with increase in Mach number through 
the  transonic speed range. 
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5. The percentage .of total load Carried by the  mselage  decreased 
slightly through the  transanic sEeed range. A t  the lower angles of 
attack th*percentage of t o t . a l  l w d  carried. by the  fuselage was approxi- 
mately  equal t o  the percentage, o f  . t h e .  t o t a l  wing area blanketed by the 
fuselage, which m e  16.5 percent. A t  ,the higher angles of-attack  the 
percentage of  total load  Carriedby  the  fuselage exceeded the  percentxge 
of the wing area  blanketed by the  fuselage. The peak values of the wing- 
induced loading on the  fuselage  decreased  with  increase in Mach  number 
through the  transanic speed. range, but  the.  influence o f .  the wing on the 
loading  spread  rearward aver the  fuselage, -and gave r i s e  to a rearward 
s h i f t  i n  tbe center af.pressure of the fuselage  with  increase  in Mach 
number. . .  . .  - 

Langley Aeronautical  Labomtory 
National Advisory Conrmittee f o r  AeronRutics 

Langley Ffeld, Va. 
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Figure 1.- Details of the wing-fuaelage combine%ion investigated in the 
s l o t t e d   t e ~ t ~ s e c t i o n  of the Langley 8 - f o ~ t  transonic tunnel. (All 
dimensione axe .in.inches except a3 otherwise noted.) 



NACA RM L52B27 21 
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Figure 2.- Model instal led i n  the  s lot ted  tes t   sect ion of the 
Langley  8-foot tramonic  tunnel. 
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Figure 3. Details of the location o f  the model in the s lo t t ed   t e s t  section 
of the Langley %foot transonic tunnel. 
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Figure 4,- Model support system for high angles of attack. 
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Figure 3. -  Variation with Mach nmber of test Reynolds nmber baaed on 
a mean aerodynamic chord of 6.125 inches. 
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(a) M = 0.60. 

Figure 6 . -  The epanwise distributions of section normal-,loading coefficient 
at several  angles of attack.  (Lines  without sym’bols Indicate closed- 
throat data. 
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(b) M = 0.79, slatted-'throat data; M 4 0.80, closed-throat data: - - .. - 

Figure 6 . -  Continued. 
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(c) M = 0.89, slotted-throat data; M = 0.90, cloaed-throat 

Figure 6.- Continued. 

data. 
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(d) M = 0.94. 

Figure 6 .  - Continued. 
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Figure 6 . -  Continued. 
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(f) M = 0.99. 

Figure 6 . -  Continued. 
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(g) M = 1.02. 

Figure 6 . -  Continued. 
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(h) M = 1.11. 

Figure 6;  - Continued. 
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(1) M = 1.13. 

Figure 6.  - Concluded. 
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Figure 7.- The variation  with Mach nunber of the normal-force coefficient 

of the wing-fuselage  combination at  severs1 angles of attack. 
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Piguxe 8.- The variation  with Mach rimer of the  load carried by the  
fuselage  re ls t ive  to   the,  load on the wing-Fuselage combination a t  
several angles o f  attack. 
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Figure 9.- The variation  with Mach number of t h e   l a t e r a l  position of 
center of pressure o f  the wing outside the fuselage a t  6eEral 
angles of attack. 

.. . 
I . .  , .  I .  , . .. I-. . .  ” , .. . .. . . 



. . . .  . . -  . . . .  

\ 

- 

- 

-.5 .6 .7 .8 .9 I .o 1.1 1.2 
. 

Mach number,M : - E P =  
Figure 10. - The variation wlth Mach number of the  bending-moment  coef- 

ficient of the wing outside the fuselage about the whg-fmelage 
juncture at several angles of attack. 
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Figure 11.- The variation with Mach nmber of the wing-tip angle of 

twist a t  several angles of attack. 
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(a )  M = 0.60. 

Figure 3 2 ,  - The spanwise distributione of section pitching-momen 
f ic ien t  at several angles of attack. 
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Figure. 12. - Continued. 
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(c) M = 0-89, slotted-throat data; M = 0.9, closed-throat data. 

Figure 12. - Continued. 
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(a) M .= 0.94. 

Figure 12.- Continued. 
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(e)  M = 0.97. 

Figure 12. - Continued. 
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(f) M = 0.99. 

Figure 12.- Continued. 
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(g) M = 1.02. 

Figure 12.- Continued. 
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Percent semispan =-Fy 
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(h) M = 1.11. 

Figure 12.- Continued. - 
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(i> M = 1.13. 

Figure 12.- Concluded. 
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Figure 13.- The variation with Mach  number of' the pitching-moment  coef- 
f i c i en t  of the  whg-fuselage combination at several angles of attack. 
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Figure 14. - The variation with Mach number of the chordwise 'center of 
pressure of the wing outside the fuselage relative t o  the leading 
edge of the mean aerodynamic chord at eeveral anglee of attach. 
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I 
Figure 15. - Variation uith Mach number of the  longitudinal'  center of 

pressujre of the wing-fuselage  combination r e l a t ive   t o  the leading 
edge of the mean aerodynamic chord at several angles of attack. 
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Figure 16. - The variation with-Msch number of' the aerodynamic-center 
location o f  the wlng-fuselae combinatloa relative t o  the  leading 
edge of the mean aerodynamic  chord, CB = 0.2, 0.4, 0.6. 
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(a) M = 0.94. 

Figure 17.- The longitudinal  distribution of losd ing  over the fuselage 
with wing present  at-several  angles of at'mck. 
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Figure 17.- Continued. 
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( c )  M = 0.99. 

Figure 17.- Continued. 
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Percent fuselage length -547 

(a) M = 1.02. 

Figure 17.- Continued. 
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(e) M = 1.11. 

Figure 17.- Con-thued. 
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Percent  fuselage  length V 
(f) M = 1.13. 

Figure 17. - Concluded. 
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Mach number, M v 
Figure 18. - Variation vlth Mach 'number af the longitudinal center of 

preseure of the' melage  in  presence of the wing relative t o  the 
nose d f  the  fuselage at several angles of attack. 
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